JOURNAL OF AIRCRAFT
Vol. 38, No. 3, May-June 2001

Oscillatory Control of Shock-Induced Separation

Avi Seifert* and LaTunia G. Pack’
NASA Langley Research Center, Hampton, Virginia 23681-2199

An experimental investigation, aimed at delaying flow separation as a result of the occurrence of a shock-
wave/boundary-layer interaction, is reported. The experiment was performed using a NACA 0015 airfoil at high-
Reynolds-number incompressible and compressible flow conditions. The effects of Mach and Reynolds numbers
were identified, using the capabilities of the cryogenic-pressurized facility to maintain one parameter fixed and
change the other. The main objectives of the experiment were to study the effects of periodic excitation on airfoil
drag divergence and to alleviate the severe unsteadiness associated with shock-induced separation (known as
buffeting). Zero-mass-flux oscillatory blowing was introduced through a downstream directed slot located at 10%
chord on the upper surface of the NACA 0015 airfoil. The effective frequencies generated 2-4 vortices over the
separated region, regardless of the Mach number. Even though the excitation was introduced upstream of the
shock wave, it had pronounced effects downstream of it. Wake deficit (associated with drag) and unsteadiness
(associated with buffeting) were reduced. The spectral content of the wake pressure fluctuations indicates steadier
flow throughout the frequency range when excitation is applied. This is especially evident at low frequencies which

are more likely to interact with the airframe.

Nomenclature
a = speed of sound, = +/(yRT)
total drag coefficient
form drag coefficient
lift coefficient
» pressure coefficient, = (P — Py)/q
fluctuating pressure coefficient, = p’/q
airfoil chord
= oscillatory blowing momentum coefficient,
=h/c(14+ T /T;))({t') )/ Us)?
reduced frequency,=fx,, /Uy,
frequency, Hz
slot height or width
Mach number, =U,, /a
P pressure
q freestream dynamic pressure, E%pU;
R, chord Reynolds number, =U,,c/v
T temperature
averaged and fluctuating velocity
normalized streamwise location
distance from actuator to airfoil trailing edge
distance normal to airfoil surface
spanwise location
airfoil angle of attack, deg
difference between baseline and controlled parameter
kinematic viscosity
density
phase-locked values
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conditions at blowing slot
conditions at maximum lift
tunnel static conditions
freestream conditions
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Superscripts

critical Mach number
acoustic resonance frequency
rms of fluctuating value

crit =
res

3

I. Introduction

LOW separationat compressiblespeedstypically occurs down-

stream of a shock-wave/boundary-layerinteraction. The pres-
sure jump across the shock either causes immediate separation or
thickens the boundary layer and reduces its momentum such that
it separates further downstream. Once the flow separates down-
stream of the shock, the unsteady separation and subsequent reat-
tachment (if it occurs) induce unsteadiness both in the shock po-
sition and strength. This phenomenon is known as buffeting. The
low-frequency oscillations can cause structural damage, if coupled
with the resonance frequencies of the structure. When the operation
envelope includes transonic speeds, the strength of the shock can be
minimized using proper shaping (e.g., supercritical airfoils). How-
ever, at off-designor transient flight conditions, detrimental or even
dangerous effects can take place. Various passive control methods
were developed to alleviate these effects. Porous strips and wall
bumps' are effective in reducing the strength of the shock wave.
Vortex generators (mechanical® or canted jets®), as well as suction
throughsslots, are effective at controlling shock-induced separation.
The feedback loop causing buffetis effectivelyeliminated by proper
placement of porous strips and underside cavities.

Vortex generators were numerically simulated to control shock-
wave/boundary-layer interaction and alleviate buffet* This was
achieved by energizing the boundary layer upstream of the shock
wave by pairs of counter-rotating vortices. Although placed up-
stream, the main effect was a smaller separation bubble downstream
of the shock. As a result of the thinner boundary layer, the shock
strength increased, as did the rate of pressure recovery downstream
of it. The calculated pressures are in qualitative agreement with
experiment .2

The effects of suction through slots and a porous surface, on
the performance of a supercritical airfoil at off-design conditions,
were tested experimentally’ The double slot and perforated plate
were very effective in reducing drag and less effective at increasing
poststalllift, even without the suction. This was possiblebecause the
cavity underneath allowed mass transfer from the downstream side
of the shock (high pressure) to the upstream side of it. In the steady
sense the suction downstream of the shock reduced the boundary-
layer tendency to separate, whereas the upstream bleed from the
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surfacethickenedthe boundarylayerand reducedthe shock strength.
This in turn reduced the tendency for separation downstream. The
double slot was especiallyeffective in buffetalleviation,completely
eliminating the shock-wave/separated flow coupling. The physical
mechanism producing this effect was not identified.

To be efficient, the methods just mentioned need to be actively
controlled. Bump position, height, and shape need to be tailored
to each specific flow condition. Porous strips, which need to cover
about 10% of the chord, cause transition on laminar airfoils and
increase skin-friction drag. Porosity and slot locations also need to
be mission tailored. Although these devices could be designed to
widen the flight envelope to a certain extent, their application for
guidance and control, which requires fast response? is doubtful.
Furthermore, efficiency considerationsrule out the use of tangential
blowing, and stealth considerations rule out the use of mechanical
vortex generators. Therefore, fast responding, active methods for
management of high lift as well as compressible unsteady flows are
studied.

Low-Reynolds and Mach-number studies (Ref. 7-9 and refer-
ences therein) have shown that periodic vortical excitation intro-
duced into a separating boundary layer, slightly upstream of the
average separation location, can effectively delay boundary-layer
separation. The improved ability of the boundary layer to over-
come an adverse pressure gradient is attributed to enhanced mixing
between the low-momentum fluid near the wall and the external
high-momentum flow. The successful application of the method in-
creases the lift while maintaining low drag. At low Mach numbers,
where high lift for takeoff, landing, or loiter is required, the delay
of boundary-layer separation allows increased loading of a multi-
element high-lift airfoil system.

It was recently demonstrated'® that periodic excitation can delay
boundary-layerseparation from airfoils at flight Reynolds numbers
and incompressible speeds. Low-Reynolds-number experiments,
where control was applied from the leading-edge (LE) region of the
airfoils, were repeated at a chord Reynolds number of 37.6 x 10°.
Using a flapped NACA 0015 airfoil, where control was applied at
the flap shoulder, it was shown that the method is essentially in-
dependent of Reynolds number.'® A recently published numerical
simulation'' shows that oscillatory excitation of a separated bound-
ary layer, at low Reynolds and Mach numbers, can significantly
increase poststall lift at excitation frequencies that are 0.3-4 times
the natural vortex shedding frequency (F™ = 0.4 in this case). By
using frequencies that are at least twice the shedding frequency,
which correspond to our definition of F*=0.8, the lift enhance-
ment is accompaniedby a significant reductionin drag and drag ex-
cursions (Figs. 6 and 7 in Ref. 11). Indications of these effects were
experimentallyidentified in Ref. 10. Using an appropriatecombina-
tion of frequency (F* ~ 1) and magnitude ({c,) = 10to 50 x 107%),
the flow shouldbe steadier,evenifitisintermittently separated. Sim-
ilar trends, at least for the lift increment and the excitation F+, were
also identified numerically.'?

The present knowledge on active control of flow separation at
compressible speeds is very limited. One encouraging result is re-
ported in Ref. 13, which shows that by rotating a flat plate down-
stream of an airfoil experiencing shock-induced separation the
extent of separated flow could be affected. The reduced forcing
frequency was close to the airfoil buffeting frequency, F* ~0.1.
These frequencies are too low for effective separation control.

The nature of the device used to control the shock-inducedsepara-
tion is not important, as long as the resulting vortical excitationis at
sufficient amplitude and appropriate frequency. Two-dimensional,
wall-tangential oscillatory blowing” !° is currently used because the
magnitude, the frequency, and the average mass flux are conve-
niently controllable, whereas the airfoil geometry is almost un-
changed as a result of the narrow blowing slots.

The objectives of the presentinvestigationare the following: 1) to
enhance performance and reduce flow unsteadinessin incompress-
ible speeds and to determine the relationshipbetween the controlled
excitation and the naturally occurring unsteady flow in the presence
of separated flows, and 2) to suppress shock-inducedseparationand
provide buffet alleviation by using periodic excitation.

II. Experimental Setup

A. Overview

The experimentwas conductedin the 0.3-m Transonic Cryogenic
Tunnel at NASA Langley Research Center, using gaseous nitrogen
(GN,) as the test fluid. The execution of an active flow control ex-
perimentin a pressurizedcryogenic wind tunnel has advantagesand
disadvantages.For example, a cryogenic pressurizedfacility allows
independentcontrolof R, and M ata fixed freestreamvelocity. With
this type of control, the effective frequencies are clearly indicated
because F* can be held fixed when R. is varied and M is held con-
stant or R, is fixed while M is varied. Another advantage of testing
in a cryogenic pressurized facility is the ability to generate a zero-
mass-flux disturbancewhen using an oscillatoryblowing valve. One
of the disadvantages of testing in a cryogenic pressurized facility
is that an in situ determination of (c,) is very difficult. However,
using atmospheric bench-top tests and a simplified flow model it is
possible to estimate the {c, ) used.!”

A new diagnostictool was used in this experiment. It consists of a
wake rake that was instrumented with dynamic pressuretransducers.
Its calibration and the methodology of data processingare presented
in the following sections. A conventional NACA 0012 airfoil was
tested in order to validate the new rake and to acquire unsteady wake
dataover a smaller chord, smooth airfoil.'* The straight NACA 0015
airfoil was tested with control applied from the LE region.

The experiments were conducted at Mach numbers of 0.2-0.65
and chord Reynolds numbers ranging from 1.5 x 10° t0 23.5 x 10°.

B. Wind Tunnel

The experimentwas conductedin the 0.3-m Transonic Cryogenic
Wind Tunnel at the NASA Langley Research Center. It is a closed-
loop, fan-driven tunnel with a test cross section of 0.33 x 0.33 m.
GN, was the test medium. The tunnel operates at stagnation pres-
sures ranging from 1.2 up to 6 bar and total temperatures from 78 up
to 327 K.!'>16 The floor and ceiling of the tunnel were diverged by
0.3-0.4 deg in the vicinity of the airfoil to reduce blockageresulting
from boundary-layer growth on the test-section walls. A wake sur-
vey rod extends from the left tunnel sidewall to vertically traverse
the airfoil wake (see Fig. 1). Details about the wake data acquisition
system are provided in Sec. IL.F.

Wall pressures were acquired together with the airfoil pressuresat
all testconditions.This informationcould be used later for numerical
simulation of the flow taking into consideration wall interference
effects.

C. Airfoil

The experiments were conducted on a NACA 0015 airfoil
(¢ =254 mm, Fig. 2), equipped with a blowing slot at 10% chord,
suitable for the control of separation near the LE. The slot was
about 0.2% chord wide (0.5 mm) and allowed an almost tangential

Wake rake

left
tunnel sidewall
Plenum
dynamic pressurc transducer
thermocouple
Airloil w/slot
dashed region
represents settling
Vaporizer 225 ACFM chamber
Regulator flowmeter

Oscillatory
Blowing valve

slatic pressure pori Manual

Ball Valve
LNzto
— Blowing valve

L2 supply

direction
LNato
Tunnel right

tunnel sidewall to

digital
Ve V

Fig. 1 Schematic description of the experimental setup in the 0.3-m
Transonic Cryogenic Wind Tunnel (top view).
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Fig. 2 NACA 0015 airfoil with a blowing slot at X/c =10%.

streamwise introductionof the excitation. The tunnel pressure scan-
ning system recorded the airfoil 50 static-pressure taps and test-
section wall pressures.

D. Oscillatory Blowing System

A rotating, siren-type, valve was used to generate the pressure
oscillationsinside the airfoil cavity.'® The oscillatory blowing valve
was upgraded and is presently capable of generating frequenciesup
to 800 Hz and fluctuating pressure levels of 5 psi. For safety reasons
the valve was rated to 300 psi. GN, was supplied to the valve by
convertinga portionof the liquid nitrogenavailable for operatingthe
tunnel using an ambient temperature vaporizer. The use of ambient
temperature GN, simplified the valve design. A pressure regulator
controlled the GN, entering the valve and the variable speed drive
of the valve motor controlled the frequency of the pressure oscilla-
tions. The oscillatory blowing valve was attached to the right tunnel
plenum door at the center of rotation of the turntable (Fig. 1). A
49-mm i.d. pipe connected the valve to the LE cavity. The exhaust
side of the airfoil cavity was connected to the tunnel boundary-layer
removal system. The valves in the boundary-layerremoval system
controlled the flow rate out the exhaust side of the airfoil cavity
(Fig. 1). Any relevant combination of steady and oscillatory blow-
ing could be generated with this type of control. However, all of the
results presented in this paper are for zero-mass-flux excitation.

E. Bench-Top Experiments

The phase-locked pressure fluctuations ({p’)) at the entrance to
the airfoil cavity were measured both in situ and with bench-top
tests. The correlation between («'?) and {p’)/p (derived from the
bench-toptests) is used to calculate the (c, ) in the cryogenictests.'”

The velocity fluctuations exiting the slots of the airfoil were mea-
sured with the airfoil outside the tunnel using a hot-wire mounted on
a three-dimensionaltraverse system. The GN, supplied to the oscil-
latory blowing valve during the wind-tunnel test was replaced with
compressed air. All of the pipe accessories were identical in both
the wind-tunnel and the bench-top experiments in order to main-
tain similarity between the two experiments. Although any desired
combination of oscillatory and steady flow rates were obtainable
in the wind-tunnel experiment, steady suction could not be applied
in the bench-top experimentsbecause of the atmospheric test condi-
tions. However, even in the bench-top experiments, reverse flow in
the slot was encountered as a result of the instantaneous, subatmo-
spheric pressures created by the inertia of the continuous flow along
the airfoil cavity. The signals from the dynamic pressure transducer
and the hot wire were acquired using a 16-bit high-speed A/D con-
verter, coupled with an antialiasingfilter. In the cases where reverse
flow was expectedat the slot exit, the hot-wire signal was derectified
to account for the reverse flow.!°

F. Dynamic Wake Rake

The wake of the airfoils was traversed using the tunnel standard
wake survey rake and a modified wake rake, instrumented with
two dynamic pressure transducers and seven total pressure tubes.
The modified wake rake enables the recording of unsteady wake
data, phase locked to the controlled excitation. The dynamic wake
rake was located two chords downstream of the NACA 0015 airfoil
midchord.

Figure 3 presents a picture of the dynamic wake rake. The dy-
namic pressure transducers were installed inside tubes 2 and 4 of
the rake. The tubes were displaced 12.7 mm in the spanwise direc-
tion, while tube #1 was located 38.1 mm from the tunnel center-
line. Because of the relatively large outer diameter of the transducer
(2.36 mm), which could adversely affect the measurement of the

Fig. 3 Wake rake with dynamic pressure transducers (< indicate
instrumented tubes), tube spacing: 12.7 mm.
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Fig. 4 Frequency response of the dynamic wake rake.

wake dynamic pressure, the decision was made to use a smaller di-
ameter tube (1.60 mm O.D. and 1.03 mm L.D.), about 30 mm long,
from the transducer’s face to the measuring location. The length
and internal volume of this tube can change the frequency response
of the tube-transducer system as a result of acoustic resonance. A
calibration was performed by placing a sound source in front of
the wake rake, inside the wind-tunnel test section at atmospheric
conditions, without flow in the tunnel. The sound was either white
noise or discrete tones. A microphone was positioned next to the
tubes. The signals from the two dynamic pressure transducers were
recorded along with the microphone output. These results are used
to correct the signals measured under various tunnel conditions, as-
suming that the only variant is the flow temperature (which affects
the speed of sound).

Figure 4 presents the results of the white noise and discrete tone
testing. The white-noise results show that the microphone and the
dynamic pressure transducer measure similar noise levels (£2 dB)
between 150 Hz and 1 KHz. The discrete tone testing was performed
ataresolutionof about 100 Hz and at significantly higher sound pres-
sure levels (SPL, about 104 dB) than the white-noise test. Figure 4
alsopresentsthe differencein the SPL between the dynamic pressure
transducer and the microphone. Transducer #1 (position #2 in the
wakerake, see Fig. 3) and the microphone measure similar SPL until
0.5 kHz. For frequenciesabove 0.6 kHz, the pressuretransducerout-
putincreases monotonically with respect to the microphone output.
The differencepeaks at about 1.5 kHz where the pressure transducer
outputis about50 dB higher than the microphone output. Examining
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Table 1 Experimental uncertainties

Item Uncertainty, % F.S. Full scale and condition
Slot width 5 0.5 mm
Static temperature 0.3 300K
Static pressure 1 70 psi, M =0.3 and 100 K
R, 2.0 M <03
R, 1.0 M=>03
M 0.5 M=>03
F* 1 2
(cw) 25 Local values
1E-1

1E-2 | Fres300 &
f300]T

—— M=0  T=300K 1450 Hz

1E3 1 — M=028 T=231K  1270Hz

------ M=0.55 T=100K 840 Hz

Volt
1E-4 T "-/r\’n
HA A ; H

M ‘.\ll ol w«f

1E-5 / + + t + + =
0 250 500 750 1000 1250 1500 1750

Frequency [Hz]

Fig. 5 Temperature effect on the resonance of the transducer-tube sys-
tem of the dynamic wake rake.

again the results of the white-noisetestand normalizingthe pressure
transducer output by the microphone output (the upper solid line in
Fig. 5) reveals a flat response between 150 Hz and about 1 kHz. The
transducer-tube system resonates at about 1.4-1.5 kHz, at ambient
temperature. The SPL difference shown in Fig. 4 indicates that at
£/ fres = 0.95 the differenceis 20 dB, and a smooth line fits the data
very well. The required pressure fluctuations attenuation factor was
calculated using a second-order polynomial fit to the inverse of the
SPL difference in the form

Factor = —1.076(f/fies)> + 0.1343(f/fis) + 0.905 (1)

The acoustic resonance frequency is temperature dependent and
was found to scale, as expected, inversely with the square root of
the temperature ratio. This pointis illustrated by the additional data
shown in Fig. 5. The M =0.28 and 0.55 data were acquired out-
side the airfoil wake. The resonance frequencies correlate very well
with the expected changes in the resonance frequency, based on the
temperature of the tunnel flow.

G. Experimental Uncertainty

The incompressible experiments are conducted at conditions
close to the limits of the wind-tunnel operating envelope. For ex-
ample, the very low temperatures (about 100 K) and Mach numbers
(0.28) are close to the limits of the tunnel capability. Most of the
baseline data were acquired with separated regions or shock waves
present on the airfoil. Tunnel wall interference will be considered
at a later stage, as the tunnel wall pressures were recorded along
with the airfoil and wake data. The movable walls of the test sec-
tion were slightly diverged to reduce the effects of boundary-layer
growth. Tables 1 and 2 contain most of the relevant information
regarding experimental uncertainties. These values were calculated
using £3 standard deviations of the various experimental condi-
tions and calculated parameters (including repeated runs). All test
instruments were calibrated prior to use.

The uncertainty regarding the calculated airfoil aerodynamic pa-
rameters is listed in Table 2 (in absolute values and related to flow
condition).

Table 2 Accuracy of integral parameters

Parameter  Fully attached  Stalled  Controlled
C 0.01 0.03 0.015
Cap 0.001 0.003 0.0015
Cy 0.001 0.003 0.002

4 54-#&--C F=0 M=0.28
—&—C, F+=2 M=0.28
~€--C, F+=0 M=0.4

|| —m—C, F+=2.1 M=0.4
—A—AC, M=0.28

Fig. 6 Effects of Mach number and periodic excitation on the lift of
the NACA 0015 airfoil. R, = 12.7 X 10°, {cu) =0.03% (M =0.28), and
0.025% (M =0.4).

III. Discussion of Results

A. Overview

The main challengesof active flow control at compressible speeds
are drag reduction, delay of drag divergence, and suppression of
unsteady aerodynamic loading along with its possible interaction
with the structure (buffeting). The generation of high lift is less
important than in low Mach numbers (takeoff, landing, and loiter
flight).

There are a number of possible obstacles (for brevity we list here
only three importantobstacles) to the successfulapplication of mix-
ing enhancement using periodic excitation to transonic flows. First,
itis notclear how the excitationevolves in the supersonic flow. It is
known that compressibility reduces the amplification rate of shear-
flow disturbances. Second, it is not thoroughly understood what ef-
fect shock waves have on vorticity fluctuations that are transported
through them. Numerical and experimental evidence shows that
turbulence,” '8 shear waves,'® and vortices’®?! that pass through
shock waves are being amplified and modify the shock in an un-
steady manner. But most of these investigations were performed
without the presence of a solid surface and a boundary layer. Third,
itis not clear how downstream flow modification will affect the up-
stream supersonicflow. Because of the many unknownaspectsof the
problem, it was decidedto startexploringactive separationcontrolin
wholly incompressible flow (M = 0.28) and to gradually increase
the Mach number while maintaining constant Reynolds number,
wherever possible. These flow conditions provided shock-free flow
(M =0.28), a weak shock upstream of the excitationslot (M = 0.4),
and a strong shock wave downstream of the slot (M = 0.55). Control
was applied from the slot located at X /c = 10%, and the excitation
was of zero mass flux.

B. Separation Control over the Straight NACA 0015 Airfoil

Figure 6 presents the lift data of the NACAO0015 airfoil at Mach
numbers of 0.28 and 0.4 and at R. = 12.7 x 10°. The baseline lift
is presented by empty symbols and broken lines. Significant Mach-
number effects can be seen even at the marginally compressible
flow of M =0.4. The baseline C;, — « slope increases by 7%, C; jax
drops from 1.31 to 1.17, and o, drops from 12 to 9 deg. When
periodic excitation was applied to the airfoil at M =0.28, with
F*=2 and {(c,) =30x 107" stall is delayed from 12 to 14 deg,
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Fig. 7 Effects of excitation magnitude on the performance of the
NACA 0015 airfoil. « =14 deg, M =0.28, R, =12.7 X 10°.

and C; .« increases from 1.31 to 1.47. When excitation was applied
at M =0.4, with F*=2.1 and (c,) =25 x 107 (Fig. 6) gy in-
creases from 9 to 11 deg, and C; .« increases from 1.17 to 1.29.
The lift increment caused by the excitation is also plotted in Fig. 6.
It shows that the significant lift increment, caused by the excitation,
persists as M is increased from 0.28 to 0.4. One small difference
couldbe observedata = 8 degand M = 0.4, where the lift decreases
slightly below the baseline as the excitation is activated.

The baseline form drag for M = 0.4 (not shown) is higher than
that of the M = 0.28 data, as stall is approached. The small decrease
in the controlledlift priorto stallat M = 0.4 (Fig. 6) is accompanied
by a small increase in form drag. These detrimental effects were not
observedat M < 0.3.

The effect of the excitation magnitude on the airfoil lift and form
drag at M =0.28 is presented in Fig. 7. Reproducing the effects
foundin the low R, experiments} as well as the controlled flap data
at high R, (Ref. 10), the lift increases, and the form drag decreases
proportionallyto the excitation(c,, ). Saturationhas notbeenreached
at the available momentum coefficients. As indicated by the straight
lines, the trends are almost logarithmic. The increased C; — (c,,)
slope for {c, ) > 10 x 1073 is probably a result of increased inter-
ference with the tunnel walls (wall corrections were not applied).
The decrease rate of the form drag is initially slower than the in-
crease rate of the lift.

Figure 8a presents the baseline and controlled airfoil surface-
pressure distributionsat o = 14 deg and M = 0.28. The baseline C,,
indicates that the flow separates at X/c =0.15. When excitation is
applied fromthe slotlocatedat X /c = 0.1, the suction peak becomes
significantly stronger, and an effective pressurerecovery is restored,
downstreamof the slot. C,, 1z becomes more positive,indicating the
increased tendency of the flow to reattach. The flow at M =0.28 is
entirely subsonic, because the critical C,(= —8.06) is not reached.
Figure 8b presents baseline and controlled pressure distributions at
M =0.4 and « = 11 deg. The baseline flow separates at X /c~(.2.
When excitation is applied, a pressure distribution similar to the
one measured at M = (.28, with control, is obtained. The only sig-
nificant difference is that the upper surface flow, close to the LE,
becomes supersonic as the excitation is activated (C,, ¢y = —3.66).
Because the flow turns subsonic again upstream of the excitation
slot, one should not expect significant compressibility effects on the
controlled flow.

Figure 9a presents the steady and fluctuating wake-pressure dis-
tributions measuredat M =0.28, o = 14 deg, and R, =12.7 x 109,
with and withoutexcitation. The baseline wake could not be scanned
in its entirety because of mechanical limitation on the travel of the
wake rake. Therefore it had to be extrapolated in order to estimate
the total drag. When a linear extrapolation was used to evaluate
the baseline drag, the total drag coefficient was about 0.18. When
excitation was activated, the drag was reduced to 0.085. These val-
ues compare favorably with the measured reduction in form drag,

—-%--Baseline

—a— Controlled

0 01 02 03 04 05 06 07 08 09 1
Xiec

Fig. 8a NACA 0015 pressure coefficients. M =0.28, o =14 deg, R, =
12.7 x 108, Ft =2, (cu) =0.03%.— indicates excitation slot.

-6

—-%--Baseline
-5 —a— Controlled

0 01 02 03 04 05 06 07 08 09 1
X/c

Fig. 8b NACA 0015 pressure coefficients. M =0.4, « =11 deg, R, =
12.7 X 10°, F*=2.1,{¢c,) =0.025%.— indicates excitation slot.

from 0.18 to 0.09, as shown in Fig. 7 for (c,) =30 x 1073, The
fluctuating part of the baseline wake is skewed and presents a much
higher fluctuationlevel on the upper side, correspondingto the flow
that separated from the upper surface of the airfoil. A significant
reduction of the wake unsteadiness was obtained as a result of the
excitation at F* =2. An integration of the fluctuating wake mo-
mentum, in the form

00

1
— p'dy @
qc¢ J

indicates a reduction of 34% in the unsteadiness of the controlled
flow (without extrapolating the fluctuating part of the baseline
wake).

Figure 9b presents the baseline and controlled wake pressure
spectra, measured at M =0.28, « = 14 deg, X /c =2.1. These ¥ /c
positions were selected because the pressure fluctuations reach a
maximum, and dP/dY is high on the upper side of the wake. It
also corresponds to the upper, controlled surface of the airfoil. The
baseline spectrashow several peaks between F* = 0.4t00.7. When
excitation is applied, the level of pressure fluctuations in the wake
decreases over the entire frequency range. The most significant re-
duction is in the frequency range F* < 1. The level of the pressure
fluctuations at the excitation frequency, F™ =2, is not higher than
the fluctuation of the uncontrolled wake. This indicates that the os-
cillatory momentum which was introduced through the excitation
slot was used primarily to modify the mean flow and transformed
to smaller scales that dissipate rapidly in the attached regions of the
turbulent boundary layer.
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Fig. 9a NACA 0015 total, fluctuating and phase-locked wake pres-
sures. R, =12.7 X 10°, o =14 deg, M =0.28,{c,,) =0.03%.

1E-1
| Baseline, Y/c=0.26
o controlled, Y/c=0.12
"\ RN
< N
p ' q ‘\ M \,\"“
M

1E-2 T :/‘\J‘. IA\I’I\H\I
1E-3 t } t + t

0.0 0.5 1.0 1.5 20 2.5 3.0
F+

Fig. 9b Pressure spectra, conditions as in Fig. 9a.

The global effect of the excitation frequency, on the unsteadi-
ness of the wake, can be evaluated by examining the amplitude
distribution of the fundamental excitation frequency in the entire
wake. Figure 9a also present the phase-locked pressure fluctuations
measured in the wake (p’(F™ =2)) corresponding to the excita-
tion frequency. It has the shape of the wake sinuous mode,?* which
can be interpretedas alternate sign vortex shedding every half-cycle
from the upper and lower surfaces of the airfoil. The maximum level
of the pressure fluctuations at the excitation frequency is very low,
about 1%.

Data were also acquired at M =0.45 and 0.5 at R. = 12.7 x 10°
and 19 x 10°. Significant R, effects were identified in these mildly
compressible flow conditions that make it difficult to identify
changes in the effectiveness of the excitation. Another difficulty
stems from the fact that the shock position varied but was always
downstream of the fixed blowing slot (located at X /c =0.1). Here
we chose to present the results for M = 0.55 at R, =19 x 10° that
contain strong compressibility effects and a shock position closer
to the slot, but still downstream of it.

Figure 10 presents compressible baseline and controlled lift data.
It shows that the baseline C; .x for M =0.55 dropped to 1 at
Upax = 6 deg from 1.31 at . = 12 deg for M =0.28 (Fig. 6) and
1.17 at 9 deg for M =0.4 (also in Fig. 6). Poststall lift decreases
relative to C; .. Unlike in the wholly incompressible flow, where
surfacetangentialoscillatoryexcitationdid not have any detrimental
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Fig. 10 Effects of periodic excitation on lift of the NACA 0015 airfoil.
R: =19 x 10°, M =0.55,{c,.) =0.015%.

effect, a small decrease in lift as a result of activating the excitation
can be observed at prestall angles of attack, at M =0.55 (note AC;
thatis also plottedin Fig. 10). An examinationof the airfoil pressure
distributions reveals that the reason for this performance degrada-
tionis a localized disturbance that was created at the excitationslot,
upstream of the naturally occurring shock wave. One possible in-
terpretation s that the disturbance thickens the very thin boundary
layer, which in turn weakens the shock or increasesits unsteadiness
and eventually leads to earlier TE separation (Fig. 11b). At post
stall & the excitation maintains C; at about one while the baseline
lift drops gradually to 0.85 (Fig. 10). As mentioned before, high
lift is seldom required at transonic speeds, because the sizing of the
wing is made to meet takeoff requirements. The important aspects
of active separation control at compressible speeds are to delay the
occurrence of drag divergenceas a resultof flow separation, to delay
the onset and to alleviate the effects of buffet.

Figure 11a presents the baseline and controlled airfoil surface-
pressure distributions at poststall angle of attack (¢ =9 deg). The
baseline C,, shows a supersonic flow region near the LE that turns
subsonic via a strong and possibly unsteady shock wave. The un-
steadiness of the shock strength and position can be evaluated from
observing the smeared foot of the shock. The mean position of the
shock foot is at X /c =0.15. The separated flow is manifested as a
mild pressure recovery downstream of the baseline shock position
and negative C, tg. The presence of a mild pressure recovery over
the separated region could be attributed to shock-wave enhanced
turbulence.” This also is different from low-Mach-number sepa-
rated flow, where very little or no pressure recovery is seen down-
stream of separation. As excitation was applied from the X /c=0.1
slot (i.e., upstream of the averaged shock position and inside the
supersonic flow), a number of changes could be observed. The flow
upstream of the shock accelerates. This could be a result of two
possible mechanisms.*> The excitation and the resulting enhanced
mixing thins the relatively thick boundary layer upstream of the
shock. In turn the boundary layer accelerates, and a stronger shock
is required to turn the flow subsonic again. The stronger shock also
causesimmediate flow separationdownstreamofit. The other mech-
anism is enhanced mixing downstream of the shock. This allows
the turbulent boundary layer to close the separation bubble faster,
resulting in a stronger pressure recovery and an enhanced capabil-
ity to handle the stronger shock without catastrophic separation. It
is assumed that both mechanisms are presently active. Indeed, the
controlled shock is stronger, and its foot is less smeared than in the



470 SEIFERT AND PACK

— ¥ - Baseline
-3 —a— Controlled

0 01 02 03 04 05 06 07 08 09 1
Xlc

—-%--Baseline

—a— Controlled

14 ! ; | : | ; } } }
b) a =6 deg

Fig. 11 Baseline and controlled airfoil pressures. R, =19 X 10°, M =
0.55, F*=1.65,(c,) =0.015%.— indicates excitation slot.

baseline flow. The pressure distribution downstream of the shock
indicates that a large unsteady separation bubble exists between
0.2 < X/c <0.6. A more favorable pressure recovery can be seen at
X/c >0.6,and C,, 1g becomesmore positive. Clearly, the controlled
flow at compressible speeds is significantly more complex than its
incompressible counterpart.

The averaged and fluctuating wake pressures for M = 0.55 and
o =9 deg are presented in Fig. 12. Here also, the mechanical limi-
tations on the movement of the wake rake prevented measurement
of the entire baseline wake. The width of the wake decreased signif-
icantly, while the maximum wake deficit increased somewhat, with
active excitation. This could be a result of a more stationary wake.
The wake fluctuating pressure also restored a more symmetrical,
double peak structure, because of the excitation. A major reduction
in the wake unsteadiness can be observed on the upper side of the
wake (i.e., Y/c > 0).

Figure 13a presents the drag, Fig. 13b presents the TE pressure,
C, e, and Fig. 13c presents the integrated wake unsteadiness as
defined in Eq. (2) for the compressiblebaseline and controlled data.
The severe drag divergence starts at o« > 4 deg, as supersonic flow
turns subsonic through a strong shock wave. The drag increases five
fold (Fig. 13a), and the integrated wake unsteadiness increases six
fold (Fig. 13¢c) between « =4 and 8 deg. C, 1z becomes negative
only between o =6 and 7 deg, indicating the development of TE
separation. The majority of the drag divergence, certainly up to
6 deg, was caused by wave drag and was not caused by TE flow
separation. It should not be expected that separation control would
reduce drag where the flow is fully attached.

For o <8 deg the excitation results in a minor increase in drag
(Fig. 13a), as well as in the wake unsteadiness (Fig. 13¢), and a
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Fig. 12 Baseline and controlled wake pressures. R, =19 X 10°, M =
0.55,a =9 deg, F* = 1.65,(c,) =0.015%.
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Fig. 13 Baseline and controlled airfoil drag, (a) TE pressure, (b) wake
unsteadiness,and (c)R, = 19 X 105, = 0.55,F+ =1.65,(c,,) =0.015%.

small but detrimental effect on C, tg (Fig. 13b). These effects ac-
company the prestall reduction in the controlled lift, observed in
Fig. 10. It remains to be seen if these effects will disappear once
excitationis introduced closer to or downstream of the shock wave.
For o > 8 deg the excitationreduces the dragby 11-17%. A similar
decrease can be observedin the integrated wake unsteadinessand in
the tendency of C,, ¢ to increase as a result of the excitation. Again,
these benefits were obtained when excitation was applied upstream
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Fig. 14 Baseline and controlled wakespectra. R, =19 X 10°,M =0.55,
a=9deg, F* =1.65,{(c.) =0.015%.
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Fig. 15 Amplitudeand phase distributions at the excitation frequency.
Corresponding to the data of Fig. 16. M = 0.55.

of the mean shock position inside the supersonic flow. The effi-
ciency of the excitation, in terms of (c,), seems to be lower than
in the incompressible flow conditions. It is not evident what effects
the passage through and under the shock wave have on the vortic-
ity of the excitation. Experimental'” and numerical'®**-?! evidence
indicate that the excitation might even be amplified.

The spectra of the baseline and the controlled wake pressure
fluctuations at « =9 deg are presented in Fig. 14. The Y /c loca-
tions presented were selected because they correspond to C), ..
It demonstrates that the baseline wake at M = 0.55 does not con-
tain a distinctive shedding frequency, rather it has a wide band of
high-amplitudefluctuationsat F* < 0.2. These are typical buffeting
frequencies. The controlled wake shows a significant reduction in
the level of wake-pressure fluctuations, in the low-frequency range
(FT <0.2). When the level of the pressure fluctuations between 1
and 800 Hz (that includes the forcing frequency) is calculated, a
reduction of about 11% is obtained (see also Fig. 12). The con-
trolled data show a distinct peak only at the excitation frequency
(Ft=1.65).

The wake-pressure fluctuations, phase locked to the excitation
frequency, and the corresponding phase distribution of the funda-
mental excitationfrequency (F = 1.65) were calculatedin order to
check the effect of the wake motion that is related to the excitation
and are plotted in Fig. 15. The amplitude and phase distributions
are similar to the theoretically predicted distribution for a sinuous
wake mode.?® The phase is less coherent on the upper edge of the
wake, corresponding to the controlled flow, but the shape is close
to the theoretical predictionand to experiments. The maximum am-
plitude of the phase-locked wake-pressure fluctuations is about 1%,
as in the incompressible data (Fig. 9a).

Figure 16 presents the improvementin the airfoil integral param-
eters as the excitation magnitude {c,) is increased at M =0.55 and
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Fig. 16 Baseline and controlled airfoil lift-to-drag ratio and integrated
wake unsteadiness vs excitation magnitude, both normalized by their
baseline values. R, =19 X 10%, M = 0.55, F* =1.65, a = 9 deg.

o =9 deg. The data show that the relative lift-to-dragratio increases
by 35% in an almost linear manner with the increase in (c,). This
trend is highly desirable for the construction of a linear controller.
The wake gradually becomes steadier as the lift-to-drag ratio in-
creases as a result of increased excitation magnitude (Fig. 16). The
averaged pressure gradient downstream of the active excitation slot
increased by 50%, and C, 1g increased by 30% as a result of the
excitation with F* =1.65and {(c,,) =0.015% (not shown). This in-
dicates that the preceding benefits were obtained as a result of an
increased tendency for flow reattachment.

IV. Conclusions

Active separation control was applied from the LE region of a
straight NACA 0015 airfoil, initially in incompressible flow. Then
the Mach number was gradually increased to cover compressible
flows at flight Reynolds numbers. Strong Reynolds-number effects
were identified in the airfoil baseline performance at moderately
compressibleflow conditionsand poststallangles of attack. It makes
the identification of clear trends in the controlled data difficult. The
R, effects weaken as the Mach number increases and a stronger
shock develops.

It was demonstrated, in accordance with low-Reynolds-number
experiments, that incompressible C; ,,,, can be increased by 15%,
poststall lift can be increased by as much as 50%, and poststalldrag
can be reduced by more than 50% using low-momentum oscillatory
excitation applied close to the leading edge. The controlled wake
is also steadier. An important application is simplifying high-lift
systems, reducing the weight, cost, and maintnance.

The significant increase in lift and lift-to-drag ratio, obtainable
in incompressible speeds, should not be expected at compressible
speeds. The global effect of the method is to accelerate the upstream
boundary layer caused by the delay of boundary-layer separation.
In compressiblespeeds this could lead to a stronger shock wave that
in turn causes a more severe separation, which is less responsive
to control. This process saturates the effectiveness of the excitation.
Also, atincreased Mach number the required frequenciesincrease at
leastlinearly with the flow speed while the available (c,,) is inversely
proportional to the dynamic pressure. In transonic flow the method
couldbe used to alleviate buffet and control local separationsrather
than generating higher lift.

When excitation was applied well upstream of the shock wave, it
had a detrimental effect on lift, drag, and wake steadiness. This is
becauseof the creationof a localized disturbanceat the blowing slot.
This effect is not present in low Mach numbers. There, the intro-
duction of wall-tangentialexcitation, far upstream of the boundary-
layer separation,resultedin a smaller performanceincrement (when
compared to excitation that was introduced immediately upstream
of the separation), but did not result in absolute performance
degradation.
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It seems that the ability of similar {c,,) levels to reduce drag and
wake unsteadiness decreases as the Mach number increases. But
because of the great sensitivity of the relative location between the
blowing slot and the mean shock position, it remains to be seen how
the efficiency will vary once this parameter is better controlled.

The excitation became effective when it was introduced only
slightly upstream of the shock wave, increasing the lift-to-drag
ratio, reducing the drag, and causing a steadier wake. Very low
levels of phase-locked wake-pressure fluctuations, at the excita-
tion frequency, were measured in the controlled wake. A strong
sensitivity of C;, C,, and wake unsteadiness on {c,) was identi-
fied. The sensitivity to F'* is weaker, in accordance with low-speed
experiments.

Based on numerous experiments, it could safely be stated that
whenever controlledexcitation was applied close enough to the sep-
aration locationit proved beneficial, regardless of the Mach number.
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